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A LOW-DRAG AIRCRKFT CONFIGURATION HAVING AN AP30W

WING OF ASPECT RATIO 1.86 ~ A B3DY OF

FINENESS RATIO 20

By Warren Gillespie, Jr.

SU3MKRY

A free-flight rocket-propelled model investigation was conducted ,at
Mach numbers of 1.2 to 1.9 to determine the longitudinal and lateral aero- ,, –
dynamic characteristics of a low-drag aircraft configuration. The model
consisted of an aspect-ratio-l.86 arrow wing with 67.5° leading-edge sweep
and NACA 65AO04 airfoil section, md a triangular vertical tail with 600
sweep and

m ratio 20.
transient
the pitch

+

From

NACA 65A033 section, in combination with a body of fineness
Aerodynamic data in pitch, yaw, and roll were o“~tained from

motions induced “bysmall pulse rockets firing at intervals in
and yaw directhm. .

the results of.this brief aerodynamic investigation, it is
observed that very slender body shapes can provide increased volumetric
capacity with little or no increase in zero-lift drag, and that body
fineness ratios of the order of 20 should be considered in the design of
long-range supersonic aircraft. The zero-lift drag and the drag-due-to-
Iift parsmeter of the test configuration varied linearly with Mach nmnber.
The maximum lift-drag ratio was 7.0 at a Mach number of 1.25 and decreased
slightly to a value of 6.6 at a Mach nmnber of 1.81. The optimum lift
coefficient, normsl-force-curve slope, lateral-force-curve slope, static
stability in pitch smd yaw, time to &q to one-half amplitude in pitch
and yaw, the sum of the rotary damping derivatives in pitch and also in
yaw, and the static rolling derivatives all decreased with an increase in
Mach nmber.

Values of certain rolling derivatives were obtained by application
of the least-squares method to the differential equation of rolling motion.
A comparison of the experimental and calculated total rol_ling-moment-
coefficient variation during transient oscillations of the model indicated
good agreement when the damping-in-roll contribution was included with the

. static rolling-mcment terms.
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Several methods have been developed where-by the ‘drag of aircraft
configurations can be reduced at supersonic speeds. (See refs. I.to 6,
for example. ) In general, these methods require either the indentation
and special contouring of the body in the region of the wing or the
application of twist and camber to the wing. It may be well to consider
a simpler approach to the problem of obtainj~ a low-drag aircraft con-
figuration suitable for flight at supersonic speeds. ..For example, con-
temporary high-speed airplanes have body fineness rattos of the order of 8.
The investigation of reference 7 reported in 1951 showed that parakolic
bodies of fineness ratios 9 to 18 had approximately equal drag at low
supersonic speeds. However, when based on volume to the two-thirds power
instead of the usual area reference, the di-agcoefficient at a Mach mmnber
of 1.4 for the parabolic ‘oodie6was shown to decrease””as the fineness ratio
increased to 25.

For the present test a body of fineness ratio 20 was combined with a
l-percent-thick arrow wing of aspect ratio 1.86. Me_body was made
cylindrical in the region of the wing and the overall .~ial progression
of total cross-sectional area was moderate. The use df body indentation
as such was avoided. The purpose of the test was to determine the aero-
dynamic characteristics of the resulting slender configuration at super-
sonic speeds and at lifting conditions. T’& model was flight-tested at
the Lsmgley Pilotless Aircraft Research Station at Wallops Islsmd, Va.

SYMBOLS

CN an WInormal-force coefficient, —
g q.

ay w/sside-force coefficient, — —
gq

Cx =ial-force coefficient,
+, w/s

gq

CL lift coefficient, CN cos a + Cx sin ~ —

CD drag coefficient, ‘CX cos ~ + CN sin ~ _

c% minimum drag coefficient (at CL = O), -Cx at CL = O



L/D

Cn

Cncy

lift-drag ratio

pitching-moment coefficient about center of gravity

yawing-manent coefficient about center of gravity based on
wing srea and span

rolln.g-moment coefficient about lmdy center line

()

ac~

= CN=c

(1

km
static stability parameter in pitch, —

acjy ~N=~

u

&y

s Cy=o

()a%
static stability psrameter in yaw, —

ac~ Cya

3

sum of rotary damping derivatives in pitch,

(c -c ) sum of rotary damping derivatives in yaw,
‘r % acn dCn

c~=~mdcr$=y
~

2V

T1/2
time for a trsmsient oscillation to damp to one-half smplitude,

sec

P period of oscillations, sec

mmmmmJ!g:-*. ,-: .s
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ay y ax normal, lateral, and axial accelerations, respectively,
ft/sec2

acceleration due to gravity, 32.2 ft/sec2

dynamic pressure, lb/sq ft .

velocity, ft/sec

Mach number —

Reynolds numiberbased on a length of 1 foot

weight of model, 111.1 lb

angle of attack at model center of gravity, deg

rate of change of

angle of sidesli~

rate of change of

rate of change of

sagle of attack, radisms/sec

at model center..ofgravity, deg

angle of sideslip, radians/see

flight-path aagle, radiarm/sec

angle of roll, deg —

P, $ rolling velocity, radians/see

G rolling acceleration, radians/sec2

e angle of pitch, deg

6 amgular velocity in pitch, radians/see

.

—,
.—.~i

●

w

.—

.

.
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t’

s

c

b

x’

angukr acceleration in pitch, radiaas/sec2

angle of yaw, deg

sm.gularvelocity in yaw, radias/sec

total wing area to body center line, 4.31 sq ft

local wing chord

wing mean aerodymsmi.c chord, 2.03 ft

WiW SPSD, 2.83 ft

chordwise distsmce back from leading edge of local chord

Y spanwise distsmce of

Iy moment of inertia in

12.2 Slug-ftp

IZ moment of inertia in

IX manent of inertia in

0.314 slug-ft2

local chord out from body center lime

pitch about center of gravity,

yaw about center

roll about model

of gravity, 12.3 slug-ft2

center line,

I= product of inertia, assumed equal to zero

The positive directions of the angles smd coefficients are shown in
figure 1.

MODEL

A drawing of the model is shown in figure 2 md photographs of the
nmdel are presented in figures 3 and 4. The fuselsge ordinates are
listed in table I, and physical characteristics of the model are listed
in table II. The cord’iguration for this test consisted essentially of
an arrow wing of aspect ratio 1.86 with 67.5° leading-edge sweep and
NACA 6~~k airfoil section attached at body-center-line height to the
cylindrical midsection of a slender body of fineness ratio 20. The
model was somewhat similar to the large body configuration, model 5 of
reference 8. A triangulsz vertical tail with 6Q0 leading-edge sweep and
NACA 65AO03 airfoil section provided directional stability. The tail
was mounted on top of the body to simulate u airplsne configuration.
The ratio of fuselage frontal area to wing plan-form area was 0.032.
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The angle of incidence of the wing with respect to the body center line
was zero. The wing dihedral was also zero.

The model was of metal construction with a solid aluminum-alloy
wing. Six pulse rockets were carried within the forward and rearward
fuselage sections, with four firing in the pitch direction and two in
the yaw direction. The model also carried an eight-channel telemeter
with angle-of-attack angle-of-side61ip, accelerometer, ud rate-of-roll
instrument. The model was externally boosted by two Deacon rockets.
An underslung adapter was used to couple the model and booster. A sup-
port fitting, shown in figure 2, extended below the fuselage and remained
with the model.

TEST

.

u

A wing panel and the vertical tail were statically tested to meas-
ure the streamwise wing twist due to loading concentrated along the
>0-percent-chord line. The flexibility of these model components is
presented in figures 5 to 7.

—

The model was flight tested at Mach numbers from 1:2 to 1.9 at the.
Langley Pilotless .M.rcraftReeearch Station at Wallops Island, Va.

&
Data

were obtained during ascent of the model after separation from the booster.
A smoke trail of short duration was generated from a chemical solution con- _ V

tained in the end of the model which aided in tracking the flight. Aero-
dynamic data in pitch, yaw, and roll were obtained from transient oscil-
lating motions induced by pulse rockets firing at intervals in the pitch
and yaw directions. The telemeter system permitted the measurement of
angles of attack and sideslip; normal, lateral, snd longitudinal accelera-
tions; angular accelerations in pitch and roll; @d rolling velocity. De
velocity obtained from a CW Doppler radar set- (corrected for wind velocity)
was used in conjunction with tracking radar and radiosonde data to calcu-
late Mach number, Reynolds number, and dynamic pressure. The variation6
of the free-stream Reynolds nmnber per foot of length ~d dynamic pressure
with Mach number are shown in figure 8. Variations of-the angle of attack
with induced sidesli.pangle caused by pitch pulses sre shown in figure 9.
Likewise, the variations of the induced angle of attack_with sideslip
sngle caused by yaw pulses are shown in figuxe 10. The-variations are
for the maximum oscillations obtained after a pulse. _.

ACCURACY AND CORRECTIONS

Errors in the absolute value of a telemetered quantity are thought- -
.

to be within *1 percent of the range of the instrument. At a Mach number
.
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of 1.> the resulting errorG in the normal-, lateral-, and axial-force
coefficients have been calculated to be within fO .01, tO.001, and tO.001,
respectively. Mach nmnber is estkted to be accurate within *1 percent
snd dynamic pressure within *2 percent. Experience in the use of the
air-flow indicator shows that an error of i0.3° is probable.

In order to avoid error, in the determination of the drag polsrs,
that could result from either external or internal misal.inement of the
longitudinal (sxial) accelerometer instrmnent when subjected to normal
acceleration, the angularity of the mowting base in the mcdel was
measured. me instrument itself was calibrated while subjected to normal
acceleration. The base of the accelerometer was ground to reduce the
response of the instrument to normal-force interaction. The residual
internal instrument error due to normal acceleration and the external
misalinement of the instrument mounting base were accounted for in the
data reduction.

An additional source of inaccuracy in the final results may be the
induced lateral motions following a pitch pulse or the induced pitch
mtions following a yaw pulse. The relative magnitude of the induced
lateral motions to pitch motions increased with an increase in Mach number.
However, cross-coupling effects on the data presented are believed to be
small .

Measurements obtained from the flow indicator were corrected for
pitching and yawing velocities ad for flight-path curvature. Position
corrections were made to measurements obtained from the normal, lateral,
ad longitudinal accelerometers mounted ne= the center of gravity of
the model.

ANALYSIS

The instmt=eous pitching moment was measured by mesms of an angular
accelerometer. The pitching moment due to angle of attack is given by the
following expression:

I@
cm(a) = — -

qsE ( )
cq+cmG&” Glj

However, for the present test the rotary-damping terms were negligible,
and the pitching moment due to singleof attack wae calculated by the fol-
lowing simplified expression:
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The oscillations in pitch resulting from the pitch-pulse rockets
have “~eenanalyzed as~umlng two degrees of freedom. A similax analysis
was made for the oscillations in yaw caused by the yaw-pulse rockete.
Values of C% and CDP were calculated using the following expressions:

, Pwi%$l’Y~=-
57.3qsE

These values were divided by corresponding values of _@a and CYP to

obtain the static stability parameters C%N ‘d Cncy”
Rotary damping

derivatives were calculated as

Pm. + c%)=

& - cn~) =

The instantaneous rolling

follows:

mcment”was also measured by means of an
angular accelerometer. Rolling-moment derivatives were obtained by ‘-
application of the method of least squares to the differential equation
of rolling motion. Determination of the rolling-moment derivatives is
explained in the appendix.

RESULTS ANE DISCUSSION

The aerodynamic test results are presented
configuration having a wing and a vertical tail

in figures 11 to 25 for a
with flexibility charac-—

teristics that could be representative of a typical ai_rcraft in this sTeed
range. No aeroelastic corrections have been made to the measured data
obtained during free-flight of the model. .
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Trim

Figure El.presents the trim measurements for the model. Because

the model was not perfectly symmetrical or because of measurement inaccu-
racies, the trim values for single of attack~ no--force coefficient~
smle of sideslip, rolling velocity, and lateral-force coefficient are—.
slightly different from zero. The trim sngle
coefficient were constut with chmge in Mach
sideslip, rolling velocity, and lateral-force
with increasing Mach number.

Drag

of attack and normal-force
nunber. The trim sagle of
coefficient all decreased

Drag polsrs were obtained at Mach numbers of 1.25, 1.46, 1.69, and
1.81 snd are shown in figure I-2. Plots of normal-force coefficient
~ainst sx.ial-force coefficient are plotted also. The data indicate a
reduction in sd.al-force coefficient with increase in normal-force coef-
ficient. This reduction may be due in part to some suction on the highly
swept leading edge of the wing, ad also to less unfavorable iriterference
from the wake of the flow indicator which probably induces a turbulent
lmundary layer well forward on the body of the model, particularly at
zero angle of attack. In this connection the results of references 9
and 10 shaw that the drag at zero lift of a &l” delta-wing-tidy configu-
ration (of similar size to the present test model) was I-2to 16 percent
higher with an air-flow indicator.

The drag coefficient at zero lift is plotted against Mach number in
figure 13(a) and is seen to decrease linearly with increase In Mach nun-
ber. A comparison is made with the large body confirmation, model 5) of
reference 8 which had the same wing plan form and maximum wing thickness
ad almost the sane ratio of body meximun cross-sectional area to wing
area. The body fineness ratio wae 14.9, however, campsred tith 20 for
the present model. The drag at zero lift of the two models is almost the

The present test model has a cotiiderably larger ratio of
~=&ge volume) 2/3

thin.the model of reference 8.
Wing srea

The value of this

ratio (hereindter called the relative fuselage volume) is 0.202 for the
present test model and 0.148 for the reference model. This drag compari-
son is somewhat surprising in view of the fact that the present model was
not aerodynamically “clean” inasmuch as it had six pulse-rocket holes in
the fuselage in addition to a sting-mounted flow indicator.

The l=ger 600 delta-wing —body configuration (model 4 of ref. 9)
had very nearly the ssme ratio of body maximum cross-sectional ~ea to
wing area as the present test model. A direct comparison of the zero-
lift drag of these two models is made in figure 13(a) and indicates
slightly lower drag for the larger size model of reference 9. However,
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.

if allowance i6 made for the higher test Reynol~ number of model 4 of
reference 9 and the relative “cleanness” of these two models, then the
present test model is indicatid to have approximately the seinedr~.

v

References 8 and 9 further in~cate that the wing-with-interference drag
of these two models is also approximately equal. The relative fuselage
volume for the model of’this test is, of course, much larger, being 0.202

.

for the present model but only 0.113 for model 4 of reference 9. It iS
observed, on the basis of the foregoing comparison at zero lift, that
very slender body shapes can provide increased volumetric capacity with
little or no increase in drag.

The variation of the drag-due-to-lift paremeter dCD/dCL2 with Mach

number is linear. (See fig. 13(b) .) Tlds wing plan form is not an opti-
mum one, particularly at low supersonic speeds. Cmpsrison with the 60°
delta-wing model of reference 10 shows lower_drag-due-to-lift values for
that model. However, at a Mach number of 1.6 the drag-due-to-lift parsm-
eter of the present model is only 4 percent higher and~robably would be
equal at a Mach number of 1.7.

As a consequence of the linearity of both the tisxiation of the zero-
lift drag and the variation of the drag-due-to-lift parameter with Mach
number, the drag of the test model at lift can be repr-=sented with @oU
accuracy over the test range of Mach number by an e~ression of the fol- .

lowing form:

~) dCD
CD .

c% M=l.25
1

- Q(M - 1.25) +
dM

Such an expression might be of value in simplifying the preliminary per-
formance calculations encountered in the determination of an optimmn
supersonic aircraft with the restriction that the configuration be not too
far different from that of the present test model for w~ch tfis resfit @
specifically applicable.

Lift-Drag Ratio

Figure 14 presents the variation of lift-drag ratio with lift coef-
ficient obtained at Mach nmnbers of 1.25, 1.46, 1.69, end 1.81. The
dashed-line extensions of the plots at the two higher Mach numbers were

obtained using the expression c~=c~+
@DP~)c< ‘d fiwe U. -

The points were plotted using both positive” -d negative regions of the h

lift-drag data. Maximm lift-drag ratios of 7.0 to 6.6 are indicated ~
occur at an optimmn lift coefficient of approximately 0.2. The variations

,.. .
.
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of msximum lift-drag ratio and opthmm lift coefficient with Mach number
are shown in figure 15. Both qusmtities decrease nearly linearly with
increasing Mach number.

The maximum lift-drag ratio of the present model comp~es favorably
with the results obtained for the aspect-ratio-3.5 swept-wing airplane
configuration of”references l.1and 12. This referenced configuration had
very nearly the ssme ratio of maximum body cross-sectional srea to wing
area as the present model, and like the present model had a cylindrical
fuselage in the region of the wing intersection. The relative fuselage
volume is less, however, being 0.15 for the fineness-ratio-14*3 f~el%e
of reference 11. It csn therefore be stated that body fineness ratios of
the order of 20 should be considered in the design of long-range supersonic
aircraft.

Normal Force and Pitching Moment

Figures 16 to 18 present plots of normal-force and pitching-mcnnent
coefficients and sumnarize the variations of the normal-force-curve and
pitching-manent-curve slopes with Mach number. Figure 16 shows that the
vsxiation of normal-force coefficient with single of attack is essentially
linear for small angles of attack. However, the data for a Mach n~ber

()
of 1.25 show that the slope of the curve CNa ticreases at the higher

values of CN and a. ~ data for Mach numbers of 1.46, 1.69., and 1.81

do not extend fsx enough in the CN and a rsnges to indicate whether a

SbdbI iIKreXe in cNa Occms. However, the force data of reference 13

for a 68.4° delta wing show that sm essentially linear vsriation would be
expected at a Mach number of 1.9 w to em sngle of attack of about 8°
where the slope should begin to decrease because of separation effects.
The vsxiation of normal-force coefficient with pitching-moment coeffi-
cient presented in figure 17 is approximately linesr over the range of
the test conditions. The variation of the normal-force-curve slope CNa

with Mach nmnber shown in figure 18(a) is linear md decreases from a
value of 0.041 at a Mach number of 1.25 to 0.033 at a Mach number of 1.81.
~erjmental values of CNa are approximately 5 percent lower thsn the

values obtained when using the theoretical method of reference 14. This
comparison indicates very E&He probable loss in CN~ due to wing

flexibility. A rough estimate based on the aeroelastic analysis of the
3-percent-thick, @o delta wing used on the model of reference 10 gives
a probable reduction of CN from rigid-wing values of only 4 percent.

a
Consequently, a more detailed aeroelastic
the present test model, since the effects
small .

smlysis has not been made for
of aeroelasticity me probably
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The variation of the

number is shown in figure

. . NACA R&fL57A25

.

static stability parameter C& tith Mach
N

18(b). The experimental results obtained by
~.

two methods are in close agreement. It is indicated by this agreement
that lateral oscillations which accompanied the longitudinal motions had
a negligible effect on the longitudinal period. The ~esult calculated_
using the method o.freference 14 compares favorably with the experimental ‘-”.
curves, but does not show the gradual reduction in static stability as
Mach number increases. This reduction noted in the tests is probably
caused by greater wing aeroelasticity for conditions of increased dynanic
pressure which occurred at the higher test Mach numbers.

Longitudinal Dynamic Stability

Figure 19(a) shows that the time for the pitching oscillation to
damp to one-half smplitude decreased with m_increase_in Mach number, or
that the total damping increased with Mach number. One would expect a
more uniform decrease in %/2 with Mach nmber rather than the leveling-

off tendency shown in the figure at the higher Mach numbers. This effect
is reflected in figure 19(b) which shows negligible ro-tary damping in
this region. The theory and experimental tests of references 10, 15, and
16 indicate that at a Mach number of 1.8 the damping derivatives

should have a value of about -0.8 to -O.?.
(cm.q+~) .-

The slope of the curve of fig-
ure 19(b) is four times greater than the results of references 10, 15, and ~
16 indicate. The average value of the curve of figure 19(b) is, however,
in agreement. It should be pointed out that the experimental accuracy of
the damping derivatives

(%+ %)
is very poor, because these deriva-

tives are obtained from the difference of two numbers having the seine
order of magnitude. The importmt point to be made is that the level Uf
the total pitch damping for this tailless (no horizontal tail) configura-
tion was low, being only one-third that determined for the model of ref-
erence 12 which had a horizontal tail.

Side Force and Static Directional Stability

Plots of side-force coefficient against angle of_sideslip are pre-
sented in figure 20 for Mach numbers of 1.25, 1.46, 1~59, 1.69, 1.81, and
1.86. For the small range of the measurements, the vtiiation of Cy
with p is linear. The slopes obtained from the cury%s of figure 20 have
been used to obtain the variation of GYB With Mach number shown in fig-

1-

ure 21(a). The variation is approximately linear. The static stability
parameter

C%y
obtained from periods of the yaw puls–es is also plotted ~

againat Mach rmnber in figure 21(b). Comparison with the corresponding

“
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data of figure 18(b) indicates that the aerodynadc center in yaw was
0.25 farther rearward than the aerodynamic center in pitch.

Directional Dynamic Stability

Figure 22(a) shows that the time for the yawing oscillations to damp
to one-half m~litude decreased with an increase in Mach nmnber. The

(rotary yaw &i~ Cnr - C “

her. (See fig. 22(b). )

~) decreased slightly

Rolling-Moment Derivatives

with increased Mach num-

Rolling-moment derivatives
(
%p at zero mgle of attack and Clp

)
per degree emgle of attack were obtained by application of a least-

squsxes method to the differential equation of rolling motion. The
method is outlined in the appendix. Although the method is theo etically

capable of also determining the derivatives Cz
( 1

emi Clr - Cl. , accu-
P B

rate values of these rotsry derivatives could not be determined. Esti-

mates indicate that the contributions of these terms, particularly of

(
Czr -

)
CZ~ , are small in comparison with the contributions of t,hestatic

()
rolling-moment derivatives Cz ~d Cz to the total rolling

P ~+ ~,a

mcment experienced by the model. This is a fortunate situation, and it

appears that those derivatives which have a greater influence on the
motion of a particular configuration will be the ones that cm be more
accurately evaluated by this method of data reduction.

The least-squares method is applicable irrespective of the uniformity
of the lateral motions. Simultaneously occurring lateral and longitudinal
(or cross-coupled) motions can be utilized for purposes of stability-
derivative evaluation. The derivative Czp cm be broken down to its

fundamental parts,
()
cl ad Cl Thus, the motion restrictions

P ~~ P,a”

necessary to the proper employment of other methods such as the graphical
vector method (used in refs. 17 and 18, for example) are greatly relsxed

()
or avoided, md the stability derivatives Cl

P a====ad cZ~,a ~ybe

obtained in lieu of the single derivative Cl
P

corresponding to some

average condition of longitudinal trim.

Figue 23 presents the values of rolling-moment coefficients obtained
from rolling motions of the model caused either by pitch or yaw pulse8. A
reduction of the absolute values with increase in Mach number is noted.
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The experimental results axe com]aked with the theoretical variations
●

calculated by using the appropriate formulas of references 19 and 20.
The agreement is seen to be generally satisfactory although the theorie8 P—

predict somewhat higher values in both cases. For this configuration the
vertical tail was the Largest contributor to

“() % ~+
whereas the wing

was the largest contributor to Cl It should be ndted that the theo-
p,a”

retical calculations did not include my interaction effects between com-
ponents of the configuration tested. Apparently, such effects were small
for the conditions of the present test.

Since examination of the transient motions which occurred as a reeultr
of the yaw pulses showed that amplitude ratios and phase relationships
could be determined, the vector method of analysis employed in reference 18
was also used to determine values of CLB. The results of this analysis

are also plotted in figure 23 where a comparison is made with the previ-
ously determined values of

()Czp ~-” The agreement is good, probably

because the trim sngle of attack was nearly zero.

The vector analysis also gave values of damping-~-roll parameter

CLP of -0.12 at a Mach nunber of 1.59 and of -0.14 at_a Mach nmnber of—.

1.86. These values compare favorably with the level of values obtained
-

“bythe least-squares method and also with the results reported i’nrefer-
ence 21. Y

By using the values of the rolling-moment coefficients obtained from
the foregoing analysis, comparisons of expe~tiental ~_.@calculated rol>ing-
moment-coefficient variations with sideslip angle were-made. These com-

parisons are presented in figure 24 at Mach numbers ofjl.25, 1.46, 1.69,
md 1.81 for the case of the model pulsed in.pitch; ad in figure 25 at
Mach numbers of 1.59 and 1.86 for the case of the model pulsed in yaw.
The agreement is generally good when the contributions of Cl

() P U,=o’

cl p,a =@ Clp are summed. The rolling-moment contribution of the ~o-

scopic reaction
(
namely, IZ6$ - ‘1$$) was found to be negligible in the

determination of the total rolling-moment coefficient Cz.

SUMMARY OF RESULTS

Results obtained from a flight test of,.alQw-drag.aircraft configu-
ration at supersonic speeds lead to the fol@wing obse–rvatio~: .

b
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1. Very slender body shapes can provide increased volumetric capacity
with little or no increase in zero-lift drag. Body fineness ratios of the

order of 20 should be considered in the design of long-range supersonic
aircraft.

2. Maximm lift-drag ratios of 7.0 ~d 6.6 at Mach numbers of 1.27
and 1.81, respectively, were obtained.

3.The optimum lift coefficient , normal-force-curve slope, lateral-

force-curve slope, static stabmty ti pitch and in yaw) ti~ to damp to
one-half smplitude in pitch and in yal{, the sum of the rotary damping

terms, amd the static rolling derivatives all decreased with an increase
in Mach nmber.

4. Comparison of the experimental and calculated variation of the
total rolling-moment coefficient during trausient oscillations of the
model indicated good agreement when the damping-in-roll contribution was
included with the static rolling-moment terms.

Lsm.gley Aeronautical Laboratory,
National Advisory Camnittee for Aeronautics,

Langley Field, Vs., January 7, 1957.
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●

DETERNECNATION OF ROLLING

LEAST-SQUARES

In order to utilize the transient

●

DERIVATIVES BY TEE

METHOD

rolling measurements obtained
immediately following the pitch disturbances for the purpose of deter-
mining rolling derivatives, the least-squsres method of data reduction
was applied to the differential equation of rolling motion. The least-

squares method is outlined in reference 22, pages 3’71and 372. Data frcm
both pitch and yaw pulses were analyzed to obtain values of the rolling
derivatives.

The total net aerodynamic rolling-moment coefficient at any instant
during free oscillation is given as follows:

c1 =

For the present model

Ix~+ IZ-Iy~$ -In(t+ti)
(1)

qSb –

the product of inertia was assuned to be equal to

.

zero, and the contribution of the gyroscopic reaction term was found to
be negligible. The net aerod=ic rolling-mcment coefficient was then *

obtained from the following shplified expression:

Ixfi
%== T

This net aerodynamic coefficient was next assumed to
addition of particular rolling-moment coefficients.

CL = K1@ + K2c@ + CK3t + cK@

(2)

result from a simple
Thus ,

(3)

Nlrr

.

>
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where

17

K2 = CtP,a

(
Kj = Ctr - Clb

)

K4 = Clp

From the telemeter, radar, and radiosond~ measurements~ sets of data
were obtained consisting Of d, qy p, aJ if, P, and V at selected

times over approximately 1 oscillation corresponding to a average Mach
number. The largest amplitude oscillations immediately following a pitch
or yaw pulse were used. Trim conditions for the telemetered quantities.
were determined, and the sets of data corrected to incremental variations
from trim. The corresponding values of Cl were calculated by using

* equation (2). The following equations can then be written:

(4)
. . . . .

. ICzn = Kl_Fn+ K2~Pn + cnK3$n + Cn.KJ-Pn

The unknowns are the K’s ad the subscripts (the K’s excepted)
refer to psxticular sets of data. Choose as the best approximation to
the unbowne those values which minimize the sum of the squares of the
deviations of the observed values from the corresponding values which
the observed quantity would have if computed from the chosen values of
the unbowns. The following expression can then be minimized by equating
to zero the four pamtial derivatives with respect to Kl, ~, K3 J

smd K4:

.
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There results the following set

El = AIKl +

E2=A’K1+

E3 = A3Kl +

B1

B2

B3

B4

of equations

BIK’ + C1K3 +

B’K2 + C2K5 +

B5K’ + C5K5 +

B4K’ + C4K3 +
/

D~K4

D’K4

D3K4

D4K4

I= (@)’ 1.c2=cCl@

(5)
w=

(6)

ID2 = Ck@p

= YCu$p C4 = Y Cq.fp D4 = y( )@2

.

8

Equations (6) nmwt be solved sim~taneously for the K’s and the
corresponding aerodynamic parameters

()Ctp ~OY clp,a~

( )

Czp, and

Cir - CL .
b

The accuracy of determination of these parameters will

depend on the accuracy and extent of the basic measurements and the
relative importance of the various terms to the rolling motion of the
configuration under consideration. In the present case values for

()

cl and for cl
P a== p,a

were determined, but only the order of magnitude

of c1 could be determined.
P ( )

The contribution of CZ” - CZ~ was esti-
r

mated to be negligible, and accurate values for the sum of these two ._ k

damping derivatives could not be determined. —

S!iswy-.
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TABLE I.- FUSELAGE ORDINATES

Station, in. Body radius, in.

o 0
.67 .22

1.33 .38
1.67 .44

2.33 .57
3.33 ●73
5.00 .98
6.67 1.19

lo.m 1.54
13.33 1.82
16.67 2.06
20.00 2.23
22.75 2.35
23.33 2.37
26.67 2.45
30.00 2.50

Constant radius Constant radius
63.38 2.50
67.43 2.45
71.49 2.37

75.54 2.23
79.60 2.06
83.65 1.82
87.71 1.54
91.76 1.19
93.79 .98
95.82 .73
97.04 .57
97.85 .44
98.25 .38
99.06 .21
99.87 0

21
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.

*

TABLE II.- CHARAC’TERISTICS OF MODEL

wing :
Span, ft . . . . . . . . . . . .
Area, sq ft.... . . . . . .
Aspect ratio . . . . . . . . . .
Taper ratio . . . . . . . . . .
%~epback of leading edge, deg .
Sweepback of trailing edge, deg
Mean aerodynamic chord, E, ft
Airfoil section . . .
Incidence, deg . . . .
Dihedral, deg . . . .

Body :
Maximum diameter, ft .
Length, ft . . . . . .
Fineness ratio . . . .

Vertical tail:
span, ft. . . . . . .
Taper ratio . . . . .

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.
Sweepback of leading edge,

.

.

.

.

.

.

.

.

.

.
Sweepback of trailing edge, deg
Airfoil section . . . . . . . .

Model weight, lb . . . . . . . . .

Moments of inertia, slug-ft2
In pitch. . . . . . . . . . . .
In yaw. . . . . . . . .. . . .
In roll . . . . . . . . . . . .

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

Center of gratity, percent 5 behind lea~~
mean aerodynamic chord . . . . . . . . .

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

edge
. .

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

of

. .

.-.

. .

. .

. .

. .

. .

.—.

. .

. .

. .

. .

. .

. .

. .

. .

. .

. .

. .

. .

.-.

. .

. .

. .

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

. . . 2.83

. . . 4.31

. . . 1.86

. . .
67.; :. . .

. . . 15
2.03

•N~c~ 65A004
.
.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

.

0
0

0.42
8.32 *
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Wind
*

Horizontal reference axis

Side view

Azimuth reference axis

Plan view

View forward

Figure l.- System of sxes. Arrows indicate positive
is at center of gravity.

directions; origin
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Fraction of semispan

(a) Average twist from O to 50 percent local chord.

Figure 6.- Wing streamwise twist resulting from a concentrated load
applied elong 50-percent-chord line.
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(a) Mach number, 1.24.

Figure 9.- Vsriation of angle of attack with sideslip single. Model .,
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Figure 19. - Damping in pitch.
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Figure 21.- Vsriation of side-force effectiveness and static directional
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Figure 22. - Damping in yaw.
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Fi~ 23. - Vslues of roll~-moment coefficients obtained by applica-
tion of least-sq~es method to the rolling-moment equation.
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